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Hypersonic Lifting Body Boundary-Layer Analysis at High

J. SPACECRAFT

Angles of Incidence

J. C. ADAaMS JR.* AND W. R. MARTINDALET
ARO, Inc., Arnold Air Force Station, Tenn.

Formulation and application of a windward surface boundary-layer analysis are presented for general lifting
body configurations at high angles of incidence under hypersonic perfect gas conditions. The present technique
applies the “strip theory” concept, leading to an infinite-extent yawed body treatment applied in the windward
surface crossflow plane for both the inviscid and viscous (boundary-layer) flowfields. A one-strip integral
relations approach is used to determine the spanwise surface pressure distribution at a given body location with
all inviscid centerline quantities determined via an inviscid conical flow approach. The boundary-layer analysis is
based on implicit finite-difference integration of the governing equations for infinite-extent, yawed, blunt-body
boundary layers. Both laminar and turbulent flows are considered using a three-dimensional eddy viscosity mixing
length model of turbulence. Comparisons of the present “strip theory” approach with experimental data on Space
Shuttle configurations are presented. Results of the current study include the tentative identification of spanwise
crossflow-induced boundary-layer transition and a s5-power scaling of turbulent boundary-layer heat-transfer rate
with respect to changes in the freestream Reynolds number as well as verification of the wall temperature effect
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on turbulent boundary-layer heat transfer as reflected in the Stanton number.

Nomenclature

dU,/dx = inviscid crossflow velocity gradient

G = scalar velocity function defined by Eq. (9)
" = mean total enthalpy

H, = freestream total enthalpy

h = mean static enthalpy

h,, = wall static enthalpy

ky = inner law mixing-length constant, 0.435
L = reference length

Ly = mixing length defined by Eq. (10)

M, = freestream Mach number

Pr = laminar Prandtl number, 0.71

Pr, = turbulent Prandtl number, 0.90

P = static pressure

P = centerline pressure

P = freestream static pressure

g = heat flux

G = wall heat flux

Re, = freestream unit Reynolds number, p V,./1te, (1/ft)
St,- = local Stanton number, T

Poo Vw(Hac - hw)
Stow ret = reference Stanton number corresponding to the laminar
axisymmetric stagnation point flow on a scaled 1 ft radius

sphere
.0 = [reestream stagnation temperature

Tpe = phase-change paint temperature

T, = wall temperature

U, = crossflow velocity component at outer edge of boundary
layer

i = mean crossflow velocity component

iy = streamwise velocity in streamline coordinates

4 = combined normal velocity components
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Ve = freestream velocity

v = fluctuating normal velocity component

v = mean normal velocity component

w, = streamwise velocity component at outer edge of boundary
layer

W = mean streamwise velocity component

We.max = Maximum crossflow velocity in streamline coordinates as
defined in Fig. 2

x = crossflow coordinate normal to body centerline

x* = crossflow coordinate distance from body centerline to
location of sonic point

v = coordinate normal to body surface

w = characteristic thickness of boundary layer

z = streamwise coordinate along body centerline

o = angle of attack

B = inviscid velocity gradient parameter, (2¢/U,)(dU,/d&)

0 = boundary-layer thickness

B = eddy viscosity defined by Eq. (8)

Oshock = shock angle

A = outer law mixing-length constant, 0.090

u = laminar (molecular) viscosity

£ = transformed x-coordinate, J Polte Ugdx

0

o' = fluctuating mass density

I = mean mass density

Pe = mass density at outer edge of boundary layer

Poo = freestream mass density

X = crossflow Reynolds number defined by Eq. (14)

Superscripts

! = fluctuating quantity

b = averaged quantity with respect to time

Subscripts

e = outer edge of boundary layer

pc = phase-change paint

ref = reference

sl = streamline coordinates

w = wall

0 = freestream-

I. Introduction

HE prediction of the thermal environment to be encountered
by vehicles during atmospheric entry requires extrapolation
of ground test (wind-tunnel) data by appropriate theoretical
methods. Ideally, this may be accomplished by ensuring that
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Windward Centerline of Symmetry
(Stagnation or Attachment Line)

Fig. 1 Windward surface orthogonal coordinate system for general
lifting body configurations at incidence.

ground test data, taken over appropriate ranges of Mach number
and Reynolds number, can be calculated from theory and then
extrapolated to flight by applying that theory to flight conditions.
The concluding summary on p. 255 of Ref. 1 concerning the
current status and future needs of flowfield analysis techniques
for Space Shuttle applications states that “the need for a three-
dimensional method applicable at high angles of attack is clear.”
The present paper documents one such technique applicable to
the windward surface of general lifting body configurations at
high angles of incidence under hypersonic perfect gas wind tunnel
conditions with primary emphasis placed on development of an
engineering-type analysis which is accurate and easy to use.
Complete documentation of the present analysis technique is
given in the report by Adams and Martindale? which includes a
source deck listing and sample input-output for the digital
computer code.

II.  Analysis
“Strip Theory”” Approach

The basic aerodynamic concept applied in the present analysis
is termed “strip theory” in the sense defined by Sec. 7 in Chap. 1
of the book by Hayes and Probstein.®* The mathematical
justification for “strip theory” may be found on pp. 103-112 and
pp- 342-355 of Hayes and Probstein® in terms of generalized
hypersonic small-disturbance theory. The most important feature
of this approach as it relates to lifting bodies at high angle of
attack in a hypersonic flow is that the local flow depends only
on the local cross-sectional shape and the local angle of attack.
Further, the local flow behavior is independent of flow behavior
at other body locations under the restriction of body smoothness
(no discontinuities in. body cross sections), which is mathe-
matically represented by the condition d/0z = 0 relative to the
general lifting body geometry defined in Fig. 1.

As noted on p. 27 in Hayes and Probstein,® the previously
defined “strip theory” is applicable to both inviscid and viscous
flows. Hence, the “strip theory” approach applied locally results
in a quasi-three-dimensional analysis similar to the classical cases
of infinite yawed cylinder and infinite swept-wing flows which
were well known and discussed in many references.?

Range of Applicability of the “Strip Theory”> Approach

A concise summary of the applicability of the “strip theory”
approach to general lifting body configurations may be stated
as follows: “Strip theory applied to the windward surface of
general lifting body configurations at high angles of incidence
in a hypersonic flow may be expected to be applicable in the
body areas free of external flow interference (such as shock inter-
ference) and where the body planform width varies slowly and
smoothly. The angle of attack must be sufficiently large that the
surface flow emanates from the stagnation line (centerline) of the
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body and flows smoothly outward in a downstream direction
over the windward surface.” [llustrations of how surface oil flow
visualization photographs (taken under hypersonic wind tunnel
conditions) can be used to discern applicability of the “strip
theory” approach are given in Ref. 2.

Governing Boundary-Layer Equations

The present analysis employs the three-dimensional compres-
sible turbulent boundary-layer equations in terms of time-
averaged mean flow quantities as derived by Vaglio-Laurin.*
Assuming the ratio of boundary-layer thickness to local surface
curvature to be everywhere small, the governing equations of
motion, in terms of the orthogonal coordinate system x, y, z
illustrated in Fig. 1, reduce to the following.
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Implicit in the abovementioned equations is the requirement of
an infinite extent body of the yawed cylinder or yawed wing
type, which leads to the term 8/9z = 0 as discussed in the first
part of the current section. The ‘Reynolds stress or turbulent
shear terms in the momentum Egs. (2) and (4) and the turbulent
flux of total enthalpy in the energy Eq. (5) have been modeled
via a scalar eddy viscosity-turbulent Prandtl number approach
which will be described later in this section.

The associated boundary conditions on the previously defined
equations are no slip and no mass transfer at the wall, as well
as a prescribed constant. wall enthalpy. The y-momentum
equation (3) reveals that the static pressure variation across the
boundary layer is negligible, and hence the static pressure, p(x),
is regarded as an external input to the boundary-layer analysis
from a separate inviscid analysis. The outer edge velocities, U,
and W,, as well as the outer-edge static enthalpy, h,, must be
determined from the inviscid analysis consistent with the imposed
static-pressure distribution.

Gas Model

The gas model used in the present study restricted to hyper-
sonic wind tunnel! conditions is thermally and calorically perfect
air or nitrogen. The laminar viscosity is taken to obey Suther-
land’s law while the laminar Prandtl number is assumed to have
a constant value of 0.71 across the entire boundary layer for both
air and nitrogen.
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Turbulent Transport Model

The approach used in the present analysis is to model the
Reynolds stress or turbulent shear terms in the momentum
equations and the turbulent flux of total enthalpy in the energy
equation as functions of the mean-flow variables following
Adams,>~7 whose studies are based on the analysis by Hunt,
Bushnell, and Beckwith.® The Prandtl mixing-length hypothesis
is applied in conjunction with the assumption that the eddy
viscosity is a scalar function independent of coordinate direction
(which means physically that the turbulent shear stress acts in the
mean rate of strain direction) so as to result in an eddy viscosity
relationship of the form

& = pl, 2(0G/dy) )
where G is a scalar velocity function defined by

7 =\ 2 S\ 271/2
Jdy ay dy
The two-layer (inner-outer) variation of the mixing length, I, is

taken from the boundary-layer analysis by Patankar and
Spalding®

ly=kyy, for 0<y< iyz/k*} (10)

l, =4y, for Ay/k, <y

where the values for the various numerical constants are taken to
be k, = 0435 and 4 =0.09. The value of y at the point where
the velocity in the boundary layer is equal to 0.99 of the velocity
at the boundary-layer outer edge is used to define the distance y,.
The so-called van Driest exponential damping!® is applied for the
near wall region in conjunction with the suggestion by
Patankar and Spalding® that the local value of the total shear
stress be used instead of the wall value originally recommended
by van Driest.

The total heat flux expression may be written in the 1orm

1 ¢ 17joh
i #5t e a
For the present work, the turbulent Prandtl number is taken to
remain constant at the value 0.90 across the entire boundary
layer as recommended by Patankar and Spalding.’

For the case of purely laminar flow in the present analysis, the
eddy viscosity is set identically equal to zero so that the
governing turbulent boundary-layer equations reduce to their
laminar counterpart.

Numerical Solution of the Governing Boundary-Layer Equations

The governing boundary-layer equations are transformed to
Illingworth-Levy variables which allow linearized finite-
difference equivalents of the equations to be easily formulated.
These are then solved using an iterative, marching, implicit
finite-difference integration technique involving inversion of tri-
diagonal matrices. Full details of this numerical approach are
given in Appendix III of Ref. 2.

Inviscid Flowfield

The inviscid flowfield quantities needed for input to the present
boundary-layer analysis (such as U,, W,, p, etc.) are determined
in a simplified manner consistent with the “strip theory”
principle. Stagnation or attachment line (x = 0) parameters are
used in conjunction with an analysis of a local cross-sectional
body cut in a plane normal to the stagnation or attachment
line axis (which is the z-axis shown in Fig. ).

The present windward surface inviscid parameters along the
centerline of Space Shuttle orbiter configurations are calculated
from tangent-cone theory applied locally. Variable entropy
solutions for blunt-nosed configurations (see Ref. 11, for example)
indicate that this is valid at surface distances greater than about
20 nose radii for the conditions currently considered. The
particular form of tangent-cone theory applied in the present
analysis is based on a simple approximate solution for the
hypersonic small-disturbance form of the Van Dyke stream-
function equation’? as developed by Rasmussen.!?
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The present analysis utilizes the one-strip method of integral
relations digital computer code developed by South*# to calculate
the x-direction surface pressure distribution over a body cross-
sectional cut in a plane normal to the z-axis. The inviscid cross-
flow velocity, U,(x), distribution is determined from

p. U (AU, /dx)+dp/dx =0 (12)

At the stagnation or attachment line (x = 0), the limiting form
of Eq. (12) reduces to

v, ] [[—-1d% e
e o Y

The term p, is evaluated using the inviscid conical flow approach
described above. The derivative term d’p/dx? is evaluated via
numerical differentiation of the pressure distribution obtained
from the South one-strip method of integral relations. Complete
detail of the special procedures for determination of the sonic
point location, either natural or forced, is given in Sec. 2.10.3 of
Ref. 2.

Boundary-Layer Transition Correlation Parameter

A type of (three-dimensional) boundary-layer transition which
has received little attention to date relative to Space Shuttle-type
configurations is the so-called crossflow-induced transition first
observed by Owen and Randall*® and Chapman'® in swept-wing
and yawed cylinder flows. A general discussion of the basic
phenomenon and its three-dimensional nature may be found in
the recent report by Adams.!” Briefly, three-dimensional cross-
flow has an adverse effect on laminar boundary-layer stability
in that a system of streamwise vortices contained within the
boundary layer may be formed, apparently because of the inflec-
tion point in the rotated crossflow velocity profile illustrated in
Fig. 2 which is unstable to small disturbances.

The abrupt formation of these vortices and also the develop-
ment of complete turbulence, ie., transition, in a three-
dimensional boundary layer can apparently be correlated with

a so-called maximum local crossflow Reynolds number, , defined
as 15-17

_ Pe wsl,max 5

He
where W ...« is the maximum crossflow velocity in the stream-
line coordinates of Fig. 2, and § is the boundary-layer thickness;
p. and u, are the values of density and viscosity, respectively,
evaluated at the inviscid edge conditions. Owen and Randall!?
found the critical value of crossflow Reynolds number for vortex
formation and for crossflow-induced transition to be 125 and
175, respectively, based on the leading edge of swept wings at
subsonic speeds. The work by Chapman'® on swept cylinders at
supersonic speeds (freestream Mach numbers up to 7) indicates
that

y < 100 laminar boundary layer
100 <y <200 vortex formation and transitional boundary

X (14)

layer
¥ > 200 turbulent boundary layer

Twisted Profile

Crossflow Component, Wgy
Profile Inflection Point

Plane Tangential to
Outer Flow Streamline -7

Tangential
Component, Ty

Surface
X5t

Fig.2 Three-dimensional boundary-layer velocity profiles in streamline
coordinates.
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Fig.3 North American Rockwell (NAR) delta wing orbiter configura-
tion 161B (0.009-scale).

which means that the crossflow stability criterion of Owen and
Randall may apparently be expected to apply without change on
cylindrical leading edges for both subsonic and supersonic flows.
Chapman’s work further showed that the amount of crossflow
needed to induce crossflow instability downstream of the leading
edge was very small—on the order of 1-5% of the inviscid edge
velocity for the conditions observed. This means physically that

NAR Orbiter (161 B}
AEDC VKF Tunnel B, Mgy =8.0, L =20.0L in.

0 0A{ Experimental Data from NASA CR-120, 046
(Ref. 18)
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Fig. 4 Centerline pressure and shock angle distribution on the NAR
orbiter at incidence.
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on Space Shuttle configurations at high angles of incidence with
large spanwise pressure gradients, off-centerline boundary-layer
transition may more likely be caused by instability of the cross-
flow than by instability of the streamwise velocity profile (ie.,
Tollmien-Schlichting instability) because of the extremely small
amount of crossflow needed to cause transition at small values of
the local crossflow Reynolds number.

III. Results and Discussion

North American Rockwell (NAR) Delta Wing Orbiter Configuration
161B

One of the Phase B Space Shuttle designs tested extensively
in the AEDC-VKF Hypersonic Wind Tunnel (B) at Mach 8
was the North American (NAR) Delta Wing Orbiter Configura-
tion 161B (0.009 scale). A side and windward planform view of
this configuration is shown in Fig. 3; more complete details of
the body geometry can be found in Refs. 18-20, which document
the data taken during the AEDC wind tunnel tests. The NAR
Orbiter Configuration 161B windward surface cross-sectional
shapes can be well represented in the axial coordinate range
0.1 < z/L <05 by a flatfaced body with rounded shoulders
having a natural sonic point; between z/L = 0.5 and z/L = 0.7,
a flatfaced body with rounded shoulders approximation having a
forced sonic point at the leading edge appears reasonable. For
z/L > 0.7 the delta wing is sweeping out from the body and the
“strip theory” approach of the present analysis is not applicable.

The top portion of Fig. 4 shows a comparison of both inviscid
tangent-cone and classical Newtonian theories relative to the
experimental centerline pressure measurements of Ref. 18 on the
NAR Orbiter Configuration 161B in the angle-of-attack range
20° < o < 50° under Mach 8 hypersonic flow conditions. At the
lower angles of attack, inviscid tangent-cone theory is in good
agreement with the experimental data. At the highest angle of
attack (50°), the experimental measurements are approximately
5% above the inviscid tangent-cone theory and about 10%, above
classical Newtonian theory. As shown in the bottom portion of
Fig. 4, inviscid tangent-cone theory is also adequate for estima-
tion of windward centerline shock angles on the present NAR
configuration in the angle-of-attack range from 20° to 50°.

To calculate heating rate distributions on the NAR configura-
tions; body cross-sectional cuts were made at z/L = 0.3, 0.5, and

NAR Orbiter (161 B} at a =30 deg
Body Station z/L = 0.3
Mg =8.0, L =20.01 in. !
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Fig.5 Spanwise pressure distribution on the NAR orbiter at incidence.
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0.7, and the spanwise pressure distribution at these locations
was determined via the inviscid method of Sec. I1. Figure 5 shows
the results of this approach for the body station z/L = 0.3 on
the NAR Orbiter Configuration 161B at 30° angle of attack in' a
Mach 8 hypersonic flow. Note from Fig. 5 that the windward
cross-sectional shape has been approximated by a flatfaced body
with rounded corners having a natural sonic point location, ie.,
a flatfaced disk with rounded shoulders. It should be noted that
the spanwise pressure distributions at z/L = 0.3 for both the 40°
and 50° angle-of-attack cases are almost identical with the 30°
case of Fig. 5.

Heating rate distributions calculated from the present three-
dimensional laminar and turbulent boundary-layer analysis are
presented in Figs. 6 and 7 relative to the experimental
measurements of Ref. 19 for the NAR Orbiter Configuration
161B. Figure 6 gives the windward centerline Stanton number
distributions for both lamindr and turbulent boundary layers at
30° angle of attack under AEDC-VKF Tunnel B high Reynolds
number conditions. The turbulent data (shown as closed or
darkened symbols) were obtained using carborundum grit placed
on the windward surface to “trip” the boundary layer; the
laminar and transitional data (shown as open symbols) were
obtained on a smooth-surface model. A discussion of the
carborundum grit “tripping” technique is given in Ref. 19. All
of the experimental heat-transfer data of Ref. 19 were taken using
the thin-skin thermocouple technique under relatively cold-wall
(T0/ Ty o = 0.4) conditions. The calculations were performed for
the z/L=0.3,+0.5, and 0.7 stations discussed in the previous
paragraph, and the theoretical lines shown in Fig. 6 are fairings
through the three calculated values. In general, good to excellent
agreement between theory and experiment is observed for both
the laminar and turbulent heat-transfer distributions along the
windward centerline at 30° angle of attack; results presented
in Ref. 2 reveal good agreement for the 40° and 50° angle-of-
attack conditions as well.

The spanwise Stanton number distributions for both laminar
and turbulent boundary layers at the body station location
z/L = 0.3 onthe NAR Orbiter Configuration 161B at 30° and 50°
angles of attack under AEDC-VKF Tunnel B high Reynolds
number conditions are given in Fig. 7. Note that this body
location corresponds to the spanwise pressure distribution of
Fig. 5 discussed previously. As can be seen from Fig. 7, good
to excellent agreement between the present three-dimensional

NAR Orbiter (161 B} at a =30 deg
AEDC VKF Tunnel B, Mg = 8.0, Reg/ft =3.75 x 109
Ty =530.0%, L =20.01n.

O a Experimental Data (Thermocouple) from

NASA CR-120, 029 (Ref. 19)
Present Three-Dimensional Boundary-Layer Theory
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Fig. 6 Windward centerline Stanton number distributions on the NAR
orbiter under AEDC-VKF Tunnel B conditions.
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NAR Orbiter (161 B)

Body Station Location z/L = 0.3

AEDC VKF Tunnel B, M = 8.0, Reyfft =3.75x 108
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Fig. 7 Spanwise Stanton number, crossflow Reynolds number, and
inviscid velocity gradient parameter distributions on the NAR orbiter
under AEDC-VKF Tuanel B conditions.

boundary-layer theory and the experimental measurements of
Ref. 19 is observed for the case of a fully turbulent boundary
layer at both angle-of-attack conditions. In addition, the agree-
ment between the present three-dimensjonal laminar boundary-
layer theory and experiment is excellent for the 50° angle-of-
attack case. For the 30° angle-of-attack condition, the laminar
theory is in good agreement with experiment on the body
centerline and at the spanwise location x/x* ~ 0.4; at x/x* ~ 0.65
the measured heat-transfer rate is some 15-25% greater than the
corresponding calculated laminar value. Reference to the bottom
portion of Fig. 7 shows that the crossflow Reynolds number,
%, 1s in the range 100 < y < 200 at the spanwise location
x/x* =~ 0.65 for the 30° angle-of-attack condition; y ~ 90 for the
50° angle-of-attack case. Hence, the boundary layer at the span-
wise location x/x* > 0.65 for the 30° angle-of-attack condition
may be in a transitional state because of three-dimensional
crossflow-dominated laminar boundary-layer instability.

The y criterion of Sec. II suggests that the boundary layer
should be in a fully turbulent state for y > 200. Such is
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Fig. 8 McDonnell-Douglas (MDAC) delta wing orbiter configuration
(0.011-scale).

obviously not the case in Fig. 7. To understand why a fully
turbulent condition is not attained, examine the inviscid velocity
gradient parameter /3 distribution as shown in the bottom portion
of Fig. 7 along with the y curve. As can be seen, the boundary
layer is being substantially accelerated at the spanwise station of
interest, x/x* = 0.65. Hence, it appears reasonable to postulate
that the present three-dimensional flow tends to promote laminar
boundary-layer instability and transition at the same time that
the flow acceleration tends to stabilize the boundary layer.

McDonnell-Douglas (MDAC) Delta Wing Orbiter Configuration

The only Phase B Space Shuttle design tested extensively in
both the AEDC-VKF Hypersonic Wind Tunnel (B) at Mach 8
and the AEDC-VKF Hypervelocity Wind Tunnel (F) at nominal
Mach number 10.5 was the McDonnell-Douglas (MDAC) Delta
Wing Orbiter configuration (0.011 scale). Side and windward
planform views of this configuration are shown in Fig. 8 ; more
complete details of the body geometry can be found in Refs. 21

MDAC Orbiter at a =50 deg, L =21.35in.
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Fig. 9 Effects of Mach number, Reynolds number, and wall tempera-
ture ratio on MDAC orbiter windward centerline turbulent heat
transfer under high angle-of-attack conditions.
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and 22, which document the data taken during the AEDC
wind-tunnel tests. The MDAC Orbiter configuration windward
surface cross-sectional shapes can be well represented in the
axial coordinate range 0.1 < z/L < 0.4 by a swung-arc body
having a forced sonic point at the leading edge; between
z/L =04 and z/L = 0.7, the aft delta wing is sweeping out from
the body and the “strip theory” approach of the present analysis
is not applicable.

A comparison of both calculated and experimental results for
windward centerline Stanton number distributions on the
MDAC Orbiter configuration at 50° angle of attack under both
AEDC-VKF Tunnel B and F conditions is given in Fig. 9. In
general, the present three-dimensional fully turbulent boundary-
layer calculations are in good agreement with the experimental
results from both tunnels.

The effects of change in the freestream Reynolds number at
an essentially common freestream Mach number and wall
temperature ratio can be seen from the two AEDC-VKF
Tunnel F time point results on Fig. 9. Note from the top part
of Fig. 9 that the freestream Reynolds number decreases by
approximately a factor of three between the 61 and 135 msec
time points. As shown by Widhopf,2? the turbulent heat-transfer
formulation derived by Vaglio-Laurin* based on inviscid stream-
line spreading for bodies at incidence in a hypersonic flow in
conjunction with a laminar sphere stagnation point reference
value computed from the Fay and Riddell theory®* leads to a
freestream Reynolds number effect on the turbulent heat-transfer
rate in the form [see Eq. (6) of Ref. 23]

q:]'urbu]ent ~ [Rem,,‘]wlo (15)
JLaminar
That this $y-power dependence of the freestream Reynolds
number on turbulent heat-transfer rateis also applicable to lifting
body configurations at high angles of incidence can be seen upon
careful examination of the calculated and experimental results for
the two AEDC-VKF Tunnel F time points in Fig. 9.
Verification of the wall temperature effect on turbulent
boundary-layer heat transfer as reflected in the Stanton number
may be seen in Fig. 9 by comparison of the AEDC-VKF

MDAC Orbiter at a =30 deg
Body Station Location z/L = 0.5
AEDC VKF Tunnel B, Mq, = 8.0,
Reg/ft =3.74x 106, L =21.35 in.
O & Experimental Data (Phase-Change Paint}
from NASA CR-120,025 (Ref. 21)
====Present Three-Dimensional Boundary-Layer Theory
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Fig. 10 Spanwise Stanton number, crossflow Reynolds number, ‘r'md
inviscid velocity gradient parameter distributions on the MDAC orbiter
under AEDC-VKF Tunnel B conditions.
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Tunnel B and Tunnel F at 135 msec results. Note that the free-
stream unit Reynolds number is about the same for these two
flows with a slightly unmatched freestream Mach number ; wall
temperature ratio is the primary difference (7,,/Tp,, = 0.64 in B
and 0.20 in F). Agreement between the present calculations and
experiment is excellent, verifying that the current analysis does
indeed yield valid estimates of wall temperature effects on the
three-dimensional turbulent boundary layer under hypersonic
conditions.

The spanwise Stanton number distributions for both laminar
and turbulent boundary layers at the body station location
z/L = 0.5 on the MDAC Orbiter configuration at 30° angle of
attack under AEDC-VKF Tunnel B high Reynolds number
conditions are given in Fig. 10. The experimental data shown on
Fig. 10 were determined by the phase-change paint technique
employing Stycast® models using Tempilaqg® as the surface
temperature indicator. Full details of the experimental results
including the AEDC-VKF phase-change paint data reduction
technique are given in Ref. 21. The turbulent data (shown as
closed or darkened symbols) were obtained using carborundum
grit placed on the windward surface to “trip” the boundary
layer ; the laminar and transitional data (shown as open symbols)
were obtained on a smooth-surface model. A discussion of the
carborundum grit “tripping” technique is given in Ref. 21.

As can be seen from Fig. 10, good to excellent agreement
between the present three-dimensional boundary-layer theory
and the experimental measurements of Ref. 21 is observed for
the case of a fully turbulent boundary layer. The key point of
interest in Fig. 10 is the clear indication of boundary-layer
transition beginning at a spanwise location where the crossflow
Reynolds number, %, reaches a value of approximately 100. The
present MDAC Orbiter results are in direct agreement with the
crossflow transition results for the NAR Orbiter Configuration
161B under identical hypersonic, high Reynolds number condi-
tions so that all previous comments, discussion, and conclusions
regarding crossflow transition, as well as flow acceleration effects,
apply without change to the present case. The 30° angle-of-
attack condition of Fig. 10 indicates that crossflow transition
to a turbulent boundary layer may be completed near the sonic
point location, while at and near the centerline the boundary
layer remains in a laminar state.

Conclusions

Comparisons of the present “strip theory” approach with
hypersonic wind tunnel data on two Phase B Space Shuttle
configurations have been presented to establish and ascertain
the basic validity and applicability of the current technique.
Under conditions where the basic requirements for applicability
of “strip theory” are satisfied, the present analytical approach
yielded accurate estimates of wall measurable flow parameters
(surface pressure and surface heat transfer) for both configura-
tions considered. One of the more important results of the current
study was the tentative identification of spanwise crossflow-
induced boundary-layer transition on Space Shuttle configura-
tions at high incidence angles. Other significant findings include
the <-power scaling of turbulent boundary-layer heat-transfer
rate with respect to changes in the freestream Reynolds number,
as well as wall temperature influence on turbulent boundary-
layer heat transfer. Much more work remains to be done in the
relatively unexplored area of crossflow-dominated boundary-
layer transition coupled with flow acceleration effects before
this phenomenon will be fully understood. The possibility of
suitably designing the body cross-sectional contour to keep the
crossflow Reynolds number at as small a value as possible
deserves future attention.
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